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S ,. ADSTRAT Some fundamental aspects of a regeneratively cooled, upper stage
rocket plane with external-burning thrust augmentation are investigated
analytically. Cases condidered are (.1) only the ejected coolant is burn-
ed externally and (2) all of the thrust required for sustained cruise is
provided by external burning. One conclusion is that external-burning
configurations offer an apparent advantage over internal propulsion sys-
tems in that the total vehicle cooling requirement for high-speed opera-
tion is much less for the external-burning regeneratiely cooled configu-
ration. Also, the fuel required for propulsion by an external-burning
configuration greatly exceeds the fuel required for cooling. Two impor-
tant consequences are (1) the cooling efficiency of the fuel may be a
secondary consideration in the choice of tuel, with the heating, value,
specific weight, and volumetric requirements becoming the primary cri-
teria and (2) since the excess cooling capability is available, the pos-
sibility remains that vehicle configurations which requirte additional
cooling might be used without undue penalty. Configuration•s include
those with multiple compression shocks for improved compression efficien-
cy, waveriders, and even internal- burning configurations. In terms of
propulsion efficiency, i.e., specific impulse, external burning offers
"an advantage over pure rocket propulsion up to about Mach 20. Although
this appears to be a large advantage, the very small thrusts required at
high velociti.es and high altitudes tend to discount this advantage.
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ABSTRACT

Some fundamental aspects of a regeneratively cooled, upper stage
rocket plane with external-burning thrust augmentation are investi-
gated by analyzing simplified models. Cases considered are (1) only
the ejected coolant is burned externally and (2) all of the thrust re-
quired for sustained cruise is provided by external burning. Several
conclusions can be drawn on the basis of this study. One conclusion
is that the fuel required for propulsion by an external-burning configu-
ration may exceed the fuel required for cooling the windward aero-
dynamic surfaces. This has two important consequences. First, the
cooling efficiency of the fuel may be a secondary consideration in the
choice of fuel, with the heating value, specific weight, and volumetric
requirements becoming the primary criteria. Secondly, since an
excess cooling capability is available, the possibility remains that
vehicle configurations which require additional cooling might be used
without undue penalty. Possible comfigurations include those with

multiple compression shocks for improved compression efficiency and
waveriders. In terms of propulsion efficiency, i. e., specific impulse,

Iscramjets with internal or external burning offer an advantage over

pure rocket propulsion up to about Mach 20. Although this appears to
be a large advantage, the very small thrusts required at high velocities
and high altitudes tend to discount this advantage, especially when the
technical difficulties of developing an operational external comblistor
are weiahed against the simplicity of operational, throttlable rocket
engines.
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NOMENCLATURE

A Area

C Temperature-viscosity factor, p = CT

CD Drag coefficient

CF Average friction drag coefficient

CL Lift coefficient

SCp Specific heat or pressure coefficient

D Drag

P• F Ratio of blown mass flux to free -stream mass flux

'V Ft Thrust

g Acculeration of gravity

H Enthalpy
h Altitude

Heating value of hydrogen

h* Reference value of enthalpy
;::L Lift

I £Length

"M Mach number

iin Mass flow rate

Pr Prandtl number

* p Pressure

Heat flux

4 w Convective heating rate

R Gas constant

' Re Reynolds number

S Reference area

T Temperature

t Thickness

r • U Veloc-ity

vii



AEDC-TR-72-1 81

Ue Exhaust velocity

V. Viscous interaction parameter

W Weight

WH2  Hydrogen fuel flow rate

x Distance from leading edge

x1 Extent of cooled surface

Zo Radius of earth

a Angle of attack

Flow turning angle at knee

Ratio of specific heats

6 Initial wedge angle

! Emissivity

0 Bow shock wave inclination angle

Viscosity

Prandti-Meyer flow angle

p Density

a Stephan-Boltzmann constant or shock wave argle

OH2  Flow rate of hydrogen required for cooling

SUBSCRiPTS

1 Denotes condition behind bow shock

2 Denotes condition at knee

3 Denotes exit conditions

av A. ailable

E Environment

i Inlet

inv Inviscid

Reference length

max Maximum

p Pressure

S/W
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R Radiation

req Required

ST Storage capacity

s Denotes condition behind shock wave

w Wall

o Stagnation

W Free stream

6 Local edge of boundary-layer condition

-* Denotes reference value
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SECTION I
INTRODUCTION

In the early 1950's, there was considerable interest in the United
States in the development of an "aerospaceplane" which was envisaged
as a completely reusable, maneuverable hypersonic aircraft capable
of reaching orbital conditions. The vehicle was to utilize an airbreath-
ing propulsion system and be able to take off and land horizontally.
Although the concept was generally regarded as involving no impossi-
bilities or improbabilities, its development was viewed as pushing the
very fringes of technology. Additionally, the nonreusable but more
fully developed and reliable multistage rocket could satisfy potential
mission requirements for some time to come. As a result, the aero-
spaceplane became a concept awaiting an advancing technology.

In the intervening years, there has been advancement in the tech-
nology directly applicable to this concept. For example, studies have
been made of the propulsive lifting body which combines the advantages
of the hypersonic waverider with supersonic external combustion, ex-
ploiting the strong-shock-wave flow which is characteristic of high-
speed flight. Also, advances in regenerative-cooling technology have
rendered the external aerodynamic heating and internal propulsive heat-
ing problems tenable. In view of these and other technological develop-
ments, a renewed interest in the potential performance of an aerospace-
plane is justified.

This report focuses on the fundamental aerodynamics of a simple
propulsive lifting body considered to be the upper stage of a two-stage

engines and external combustion. This "rocket plane" is designed to

cruise anywhere between 100, 000 ft and orbit at Mach numbers above 6.
The external surfaces are cooled by a combination of surface radiation
and supplemental regenerative cooling using hydrogen. The equilibrium
surface temperature is maintained at or below a maximum of 2100*F
(1400'K), and the heated hydrogen is dumped into the external stream.
This hydrogen can be utilized as fuel in the external combustion process.

The function of the external combnstion engine in augmenting the
thrust of the rocket engine through burning of the ejected coolant is
investigated. Additionally, the condition wherein external burning
provides the entire thrust required for sustained cruise is studied.

This study is intended only to single out some fundamental problems
or constraints of hypersonic flight. Therefore, simple approximate

o 11
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analysis is chosen over more thorough methods which might improve
precision without changing any of the conclusions.

SECTION II
BACKGROUND

2.1 FLIGHT DOMAIN CONSTRAINTS

Sustained cruise at a particular altitude requires that the sum of
the aerodynamic lift and the centrifugal force, attributable to the curva-
ture of the flight path, be equal to the weight of the vehicle. Thus,

U 2

W = (1/2)CLP0 U0 0
2 S + (W/g) (Z. + h) (1)

or

( CLS p00U00 
2  U. 2

1 l= +

W 2 g{Z + h) (2)

where W/S is the wing loading and CL is the lift coefficient. The maxi-
Smum value of (CLS/W) is a constraint, which is hiposed by the specific
* vehicle design and which determines the maximum altitude at which flight

at a particular velocity can be sustained. Therefore, lines of constant
(CLS/W) in altitude-velocity space represent maximum altitudes which
can be achieved by a particular vehicle at a particular velocity.

Lines of constant (CLS/W) have been computed and plotted in the
altitude-velocity plane in Fig. 1. Values of (CLS/W) have been chosen
by imposing the requirement that the vehicle be capable of flight at
100, 000 ft with a dynamic pressure of bW, 100, 200, 500, 1000, or
2000 lb/ft2 .

If a vehicle is designed to achieve a certain maximum value of
(CLS/W), sustained operation at substantially lesser values is probably
not possible. For example, if the design point is cruise at a dynamic
pressure 100 lb/ft2, flight at a dynamic pressure of 200 lb/ft2 requires
a more rigid structure, which means more structural weight, which,
in turn, lowers the maximum value of (CLS/W). Therefore, the apprec-
iable deviation of a vehicle from a line of constant (CLS/W) in the
velocity-altitude plane is unlikely.

2
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Fig. 1 Flight Corridor Constraints Based on Aerodynamic Lift Requirement

Aerodynamic heating considerations introduce additional weight
penalties. For high-speed flight, the interior of the vehicle must be
insulated from the skin in order to maintain interior temperatures
within allowable levels. This insulation and supporting structure make
a contribution to the vehicle weight and thus have a detrimental effect
on the (CLS/W)max obtainable.

As the aerodynamic heating is further increased, some portions
of the vehicle leading edges must have special heat shielding. This
adds a significant weight penalty, further restricting the (CLS/W)max.

Thus, a high-velocity cruise capability at low altitudes is not readily
compatible with flight at high altitudes.

A measure of the thermal severity of the environment can be ob-
tained by calculating the equilibrium temperature of a surface exposed
to the environment. At equilibrium, the convective heating load can be
equated to the heat loss rate by radiation from the surface. For these
specific calculations, the convective heat rate used is appropriate for
laminar heating at the stagnation point of a 2-ft-diam sphere. Figure 2
shows these equilibrium temperatures appropriate to the flight paths
shown in Fig. 1. Constant temperature lines then represent lines of
constant heating load. These lines are shown in Fig. 1 and should
be interpreted as measures of the severity of the thermal environment,
rather than absolute temperature limits.

3
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Fig. 2 Equilibrium Temperature at Sawgnaton Point of 2-ft-Diam Sphere
A second constraint is that sufficient thrust be available to balance

the aerodynamic drag. Thus,
4 

Ftoreq _ D = (1/2)Cp)pjUx2 S (3)

$The drag coefficient, CD, and the area, S, are fixed by vehicle configu-ration and operating conditions. When CDS is constant, the thrust re-quirement varies as dynamic pressure, so that lines of constant dynamicpressure in the altitude-velocity plane approximate lines of constant
thrust for given CDS.

4

- . . • ,- • -- _ . . . . . • _ _ . - - , ,I, ' - - " -- -
. . . . •



AEDC-TR-72-181

Lines of constant dynamic pressure (thrust requirement) are shown

in Fig. 3, along with lines of constant (CLS/W). The dynamic pressure
range used is the same as for Fig. 1. As can be seen in Fig. 3, varia-
tions toward higher altitudes and valucities along a constant (CLS/W)
culrve result in a decreasing ihrust requirement, and conversely, flight

along a coristant drag c.w-ve can result in excess lift over that required
to sustain the cruise altitude.

-- +-- , Lines of Constant (CL SlW) J !

Lines of Constant (CDS) -

400 (Dynamic Pressure)

---- Pressure,

4,
-.4

200I --: -p .1 _,,,,
S• g "I 2"00"-

2oo i i I I _;Soo

: -- , IO000-
~5oI

--Dynamic Pressure at 100 kit, psf

1 0 is 20 2530

Velocity, kft/sec

Fig. 3 Flight Corridor Constraints Based on Thrust Requirements

Another general problem area is the variation with altitude and
velocity of the thrust available from an air-breathing engine. An air-
breathing engine produces thrust by ingesting air, heating the air, con-

verting 'the thermal energy to kinetic energy, and finally expelling the
air at an exit velocity which is higher than the entrance velocity. From
momentum considerations, the thrust, Ft, can be expressed as

Ft = Ap.U,(UU3 - U.) (4)

where A is the inlet area, p,, is the ambient density, U,, is the free-
stream velocity, and U3 is the exit velocity. This expression neglects
the contributions attributable to the difference between inlet and exit
pressures and mass addition of fuel. Equation (4) shows that the exit

5
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velocity, U3 , should be as large as possible. If hydrogen is used as a
fuel, a maximum temperature in the propulsion system should be below
7200*R to prevent dissociation of the combustion products and attendant
inefficiencies (Ref. 1, 1968). This assumed temperature limitation is
quite optimistic from a materials standpoint. The maximum attainable
exit velocity is governed by the maximum temperature, through the
energy equation. Assuming the most efficient conversion of thermal
energy to kinetic energy, the relationship between maximum tempera-
ture and exit velocity is

CpTi + CPAT + Uj2/2 = U32/2 (5)

where Ti is the inlet temperature, AT is the temperature increase in
the engine, and Ui is the inlet velocity (hereafter assumed equal to U.).

In a subsonic combustion process, the entering air is decelerated
to subsonic velocities before combustion, with an attendant rise in air
temperature. The maximum temperature is then given by

CpTmax = CpTi + CpAT + U. 2/2 (6)

Therefore, combining Eqs. (5) and (6) with Cp taken to be 6007.4
ft 2 /sec 2 *R and Tmax = 7200'R, the maximum exit velocity is

U3 = r2C T 9300 ft/sec (7)

From Eq. (4), it can be seen that no thrust can be obtained from a sub-
sonic combustion process with flight velocities equal to or greater than
9300 ft/sec, the maximum exit velocity possible using hydrogen fuel.

In order to examine the variation of thrust from a particular engine
with changes in velocity and altitude, it has been assumed that the
engine is designed to provide sufficient thrust for level flight at 100,000-ft
altitude and dynamic pressures of 50, 100. -.nd 200 lb/ft2. Lines of
constant thrust have been plotted in Fig. 4 for these engines with the
assumption that the inlet area is fixed. This plot shows that the thrust
of a particular engine has a maximum at L. flight velocity of U3/2.
Therefore, engines with subsonic com mstion processes look unattrac-
tive for flight velocities greater than , bout 5000 ft/sec.

6
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200
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4., Thrust-

100

0

0 5 10

Velocity, kft/sec

Fig. 4 Representative Altitude-Velocity Relationship for Constant Thrust Available
from a Particular Engine-Subsonic Combustion (Eqs. (4) and (7))

In the case of supersonic combustion, the maximum temperature
limitation (analogous to Eq. (6)) is applicable to the sum of the inlet
temperature plus the temperature rise, since the flow is not appreci-
ably decelerated. Then

CT =Ca T CAT (8)

Combining Eqs. (5) and (8), the maximum exit velocity is

13,=
2CpTmax CU 2P max Do (9)

Using this relation in Eq. (4) and again assuming the engine geometry
is fixed for cruise at 100, 000 ft with dynamic pressures of 50, 100,

and 200 lb/ft2 , lines of constant thrust can be plotted in the velocity-
altitude plane for a supersonic combustion process. These results are
shown in Fig. 5. This plot shows that the thrust available is a strong
function of altitude but only a weak function of velocity. Comparing the

loci of constant drag lines (thrust required)(Fig. 3) with the loci of con-
stant thrust available lines (Fig. 5), reveals that the critical engine
design point is the highest altitude cruise condition desired.

200

Increasing Thrust

S100
4,
-.4

0 II I I

0 5 10 15 20 25 30

Velocity, kft

Fig. 5 Representative Altitude-Velocity Relationship for Constant Thrust Available
from a Particular Engine-Supersonic Combustion (Eqs. (4) and (9))

7



AEDC-TR-72-181

2.2 SOME AERODYNAMIC FACTORS IN HYPERSONIC FLIGHT

2.2.1 Aerodynamics of Lift aW.d Drag

In this section, a simple theoretical analysis and typical experimen-
tal data are used to emphasize some basic aspects of aerodynamics
applicable to high-speed lifting vehicles. Representative literature is
referenced, so that more thorough study may be facilitated although, as
usual, no claim is made for completeness of the references. The aero-
dynamic force coefficients of primary interest in this study are the lift
and drag coefficients, CL and CD, respectively, and their ratio, LiD.
In general, we shall consider slender, delta-winged or lifting-body
aerodynamic shapes such as the typical examples shown in Fig. 6.

NNs

'XIEI

I!

ii

Fig. 6 Examples of Aerodynamic Shapes

It is useful to begin by discussing the lift and drag characteristics
pertaining to these shapes. However, it must be remembercd that, in

addition to physical characteristics and Mach numnber, the drag coeffi-
cient, in particular, becomes dependent upor, Reynolds number at the
higher flight altitudes. Thus, it is important to withhold judgment of
particular configurations until their performance has been evaluated
over a broad range of flight conditions. Further, of course, it should
be noted that many wind tunnel measurements on these configurations
have been made without simulation of operating propulsion systems or
considering trim forces, and these can be imnportant factors in the sys-
tem aerodynamics.

8
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Another form of Reynolds number sensitivity is related to the effect
of transition of the boundary layer from laminar to turbulent flow. The
location on the body where this occurs is a function of local Reynolds
and Mach numbers plus other faciors such as surface roughness, pres-
sure gradients (including related crossflow), and wall-to-adiabatic re-
covery enthalpy ratio, surface mass transfer, vibration, etc. Most of
these factors will vary with angle of attack, speed-altitude operation,
and configuration. A recent publication on this subject is the symposium
proceedings edited by McCauley (Ref. 2, 1971). Under many conditions,
boundary-layer separation also will be a factor in determining CL and
CD. In addition to the pressure gradient forcing separation, most of
the same factors that influence transition also must be considered in
regard to separation.

Many treatments of the lift and drag of hypersonic bodies have been
published. For examples, one may consult Hankey and Elliot (Ref. 3,

1968), Becker (Ref. 4, 1965), and many others. A recent and valuable
discussion of the subject has been given by Roe (Ref. 5, 1970), who
includes many references with .his lecture notes. Numerous NASA
reports have given data for a variety of configurations. Among the
books containing, material on this subject, there is Kuchemann (Ref. 6,
1965). In Fig. 7 an example is presented of theory and measurement
relative to a delta wing with blunted leading edges and 75-deg sweep.
The experimental data correspond to conditions of high-altitude flight
with pronounced low density or viscous effects.

It is interesting to note certain simple relationships which will be
outlined here. Consider a flat plate in hypersonic flow at small angle
of attack as sketched.

p p onLee Surface

U a

POO'I P CO p

Recalling simple Newtonian theory, the pressure coefficient on a sur-
face impacted by oncoming molecules is

P - P..2u

C 2sin• 2 ,2
p PU. 2/2 (10)

where a is expressed in radians. Thus, the lift coefficient for small
a is

CL = CPcos a 2a 2  (11)

9
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Similarly, the drag coefficient, assuming inviscid fluid, is

CD(inv.) = C sin a ý 2a 3  (12)

Combining Eqs. (11) and (12) gives

L/D(inv.) = i/a (13)

However, if viscid fluid effects are accounted for, friction drag must
be included in the expression for CD. This may be done by assuming
that the boundary layer flow will be laminar at the conditions where
friction drag is a dominant factor in determining CD and L/D and then
noting that expressions for the total friction-drag coefficient, CF, such
as might be taken from Luxton and Young (Ref. 7, 1962), suggest the
approximation

CF o •01) (14)', CF
2oI• (R aeS~ )1/-2

for hypersonic, laminar small-a conditions. Although Re 6 , e denotes
local Reynolds number, it is replaced by the free-stream value for

simplicity. Then, from Eqs. (12) and (14),

CD(vis.) = 2a3 +

Finally, for a flat plate in hypersonic flow

1D(vis) (16)" ~~a + •

2 2 V'R -e

Equation (16) obviously has limited utility, but it is derived here pri-
marily to indicate in a simple way how angle of attack and Reynolds
number enter into the determination of L/D at high Mach numbers. In
Fig. 8 the L/D from Eq. (16) is plotted for two values of Re., f. The
diminished (L/D)max and the increased angle of attack necessary to

attain (L/D)max accompanying decreased Reynolds number are readily
apparent.

At high altitudes, where the boundary layer may be considered
Sentirely laminar, the L/D ratio (without assum, ing M, >> I) may be

correlated with a parameter V.. where

X 00• NM (C,,/Fe.)1/2 (17)

I
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Fig. 8 Lift-to-Di-ag Ratio of a Flat Plate

An example of this dependence is shown in Fig. 9. For slender vehicles

of the type considered here, the LID dependence illustrated in Fig. 9 is
largely caused by a stLong dependence of CD on the parameter V,. This
is also reflected in FMg. 7.

A 2.0 5 0

0- L

0 ,l.Ol 0.2 1.0

I ~ Fig. 9 Lift-to-Drag Ratio of a Slightly Blunted 9-*e Semiangle Cone (110. 231)"
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Another factor to keep in mind in this discussion of the L/D ratio
of hypersonic vehicles is the role of form drag or fineness ratio.
Another simple tw'o-dimensional theoretical exercise will serve to illus-
trate this point. Jn the previous example which was based upon a two-
dimensional flat plate, there was no form drag. The flat plate could be
described as a body of infinite fineness ratio. Therefore, a body of
finite thickness must be considered if the influence of fineness ratio is
to be brought out. A wedge-shaped airfoil would serve the purpose,
although a biconvex, double-wedge or other shapes could as easily be
assumed. With reference to the following sketch which shows a
slender wedge-shaped airfoil at small angle of attack, the

6

Fineness Ratio ./t
I ~Cp - 0 on Lee Surfaces

and Base

application of Newtonian aerodynamic theory leads to the expression"

for pressure coefficient, cf., Eq. (10), S!I

Cp(bottom) 2(a + ,2(8)

Then

CL -- 2(a +8)2 (19a)

CD = 2(a I .)3 (1gb)

From Eq. (19), for the L/D in inviscid hypersonic flow,

LID = 1/(a + 8) (20)

But

8 t/E = inverse of the fineness ratio

.3
- - ~ ---------- _____ -- ------- ,-~ - r~w .o I
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so fineness ratio is a factor in determining the L/D. Equation (20)
suggests that L/D should increase with Alt, and this is supported by
the experimental data presented in Fig. 10. When load-carrying
capacity or haternal volume is taker into account, it may develop that
shapes of high fineness ratio also have high surface area, with conse-
quent penalty in friction drag. Then, the shape with large (L/D)max
at low zltitudes may suffer the greater percentage loss in (L/D)max

as altitude increases.

.2.0

1.6

i0.8

S Thicknes0s 12 at Station of Grei'est

12 12-7

Th Fineness Ratio

SFig. 10 Oual~tative Influence of Fineness Ratio oe Lft-to-Drag Ratio

at High Altitude (Ref. 23)

2.22 Real-Gas Considerationm

The previous discussion has ignored the possible effects of real-gas
phenomena in the flow around a hypersonic vehicle. Examples of this
are presented here with the purpose of allowing some general conclusions
or assumptions regarding impact on the rocket plane problem. Although
earlier attention was given only to CL and CD, the scope of discussion
is broadened to include other aerothermodynamic matters in this section.
in that way, some of the introduction relevant to later consideration of
heat protection and propulsion is provided. Actually, it is shown that the
preceding review of basic aerodynamics is not significantly affected when
real-gas effects are included. However, local flow-field conditions may
be strongly influenced, with corresponding implications in vehicle design.

.r
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It is not necessary for our purposes to try to specify precisely the
vehicle operating conditions where thermochemical nonequilibrium flow
will be encountered. The assumption is made that a rocket plane will
be large, perhaps 25 m (80 ft) or more in length. Therefore, there
will be opportunity for both equilibrium and nonequilibrium conditions
to exist simultaneously in the flow field. Below approximately 20 km
(66, 000 ft) altitude, or 3 km/sec (10, 000 ft/sec) speed, overall equi-
librium is a reasonable assumption. For speeds greater than 3 km/sec,
at altitudes above 20 km in the continuous flight corridor, nonequilibrium
conditions are likely to be widespread.

Figures 11 and 12 show Whalen's (Ref. 8, 1962) calculations of sur-
face pressure and temperature on a wedige-slab wing. The expansion
of the flow field following the rather strong shock at the leading edge
allows full play to the ponequilibrium effects, and some impressive
differences are seen between perfect-gas, equilibrium, and frozen
thermochemical flows under the conditions of this example. The
corresponding skin-friction and heat-transfer coefficients are shown in
Fig. 13. In these examples equilibrium conditions are assumed in the
stagnation region.

On the basis of hypersonic small disturbance flow theory, Inger
(Ref. 9, 1963) has disci,-3sed similitude laws governing inviscid non-
equilibrium flows aroun, blunt or sharp-nosed slender bodies at zero

Sangle of attack. He also discusses the effect of a nonequilibrium. dis-sociated free stream such as may exist in a high enthalpy hypersonic

wind tunnel. The question of simulation of nonequilibrium real-gas
flows in laboratory facilities will not be discussed. However, it is
clear that this is an important -problem, and a number of important
papers have been written on that subject. One of the most recent,
which summarizes and references much earlier work, is that by Wittliff
and Sundaram (Ref. 10, 1968).

W. S. Norman and J. C. Adams of ARO, Inc., AEDC/VKF, have
calculated a number of simple flows for the purpose of comparing
perfect- and real-gas results. Figure 14 presents one of their examples.
It shows gas temperatures at the edge of the boundary layer on the wind-
ward surface of a blunt flat plate at 20-deg angle of attack at velocities
and altitudes corresponding to the trajeccory which might be followed
during :eentry from orbital operations.

'3 ~ ul II
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Fig. 12 Example of Influence of Nonequilibrium Conditions en Temperature Distribution
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Fig. 13 Example of Relative Effects of Nonequilibrium Conditions on Heat Transfer
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at x 0
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Fig. 14 Example of Approach of Local Static Temperatures Toward Equilibrium
Value (from Norman, ARO, lnc)
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The initial shock crossing has been assumed frozen in this problem,
and the variation of local temperature with distance downstream along
the plate represents the nonequilibrium process which is predicted to
exist over a length on the order of 100 ft. This example implies that
the length of a large rocket plane may be covered by nonequilibriuM_
flow, with equilibrium being attained near the base. If a sharp flat
plate were assumed for this example, the levels of temperature would
be reduced, but the length to the attainment of equiibrium would be at
least as great, according to these calculations.

In another example calculated by Norman and Adams and shown in
Fig. 15, the local heat-transfer rate on a flapped wedge is estimated on
the basis of either laminar or turbulent boundary-layer flow and either
perfect or equilibrium real-gas behavior. Both real-gas effects and
the effect of boundary-layer transition are pronounced in this case.

I 20 deg 35 
U e 

- 22,000 ft/sec

b - 220,000 ft

50

Equilibrium Air

40

67%U I
ci 30

SN 
FEquilibrium AirSzo 

407.L 
Ideal Air

90 

r95 
100 105 110

Feet from Leading Edge

Fig. 15 Heat-Transfer Rate to a Sharp Wedge with a Flap
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Remembering that the vehicle under discussion is likely to have a
large blunt base, it is interesting to examine real-gas effects on base
pressure or base drag. This has already been done by W. S. Norman
(Ref. 11, 1969). On the basis of turbulent boundary-layer flow ahead
of the base, equilibrium real-gas and perfect-gas base pressure ratios
were computed for blunt axisymmetric bodies at zero angle of attack.
A result is shown in Fig. 16 where "flight" refers to the real-gas situ-
ation and "tunnel," the perfect-gas counterpart. It is seen that at the
higher Mach numbers a factor of two or more between base pressures
on identical bodies at equal Mach and Reynolds numbers is predicted.

4

Flight

3

8!

.0

go

• 2J

Fig. 16 Example of Real-Gas Influence on Base Pressu re Ratio (from Norman, Ref. 11).
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Edney (Ref. 12, 1938) has presented experimental data on the effects
of shock impingement on heat transfer to blunt bodies. The connection
can be seen between this type of investigation and shock impingement
phenomena that may be expected in the flow fields of complicated vehicle
shapes being discussed. Some quite severe local heat-transfer rates
and pressures may be caused by shock impingement. Our purpose in
introducing this topic is to mention that real-gas effects also enter into
the determination of shock angles, thereby possibly affecting the location
cf the shock impingement as well as conditions downstream of shock
wpyes. An illustration of the difference between shock angles in real
and perfect gases is shown in Fig. 17 which is taken from Bird (Ref. 13,
1958). In this figure note that, first of all, the shock wave angle is less
in a real gas. At the greater Mach numbers, the difference between the
angles for real and perfect gases varies from the order of 1 deg for a
deflection angle of 10 deg to about 7 deg at a deflection angle of 40 deg.

Real Gas (Air)

Perfect Gas

90 'Strong Shock* Solution Omitted for90~ 1 0, 20, and 30 de]

b 8 0

S70 De[�iflection Angle, , deg

~ 60
60

< 50

a~30
I•

S30 20

.A 20 10a

S10 -0

0 I I I I I I I

1 2 3 4 5 6 7 8 9 10 11 12 1S 14 15 16

Initial Mach Number, M1

Fig. 17 Obl;kue Shouk Wave Angles

Also of interest are Figs. 18 and 19 which come from Ref. 13.
Figure 18 shows that real-gas effects decrease the pressure ratio across
an oblique shock wave, in this case calculated for a free-stream tem-
perature of 300'K and a free-stream pressure of 0.01 atm. Figure 19
shows the calculation of the lift of a two-dimensional sharp flat plate for
the same free-stream conditions, and it may be seen that the lift coeffi-
cient is decreased in real-gas flow. However, it should not be assumed
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that real-gas effects always reduce the force coefficients on aerodynamic
bodies. For example, when the shuck angle is fixed, such as for a nor-
mal shock, then the pressure ratio across the shock is greater for a
real gas.

---- Air as Perfect Gas (y = 1.4)
Air as Real Gas (T1 = 3000K, p1  0.01 atm)

250

Normal Shock Wave
200 1

7w2 /M 1

C.' Mi 3//

o 0 /P2

..I00 -/ -
*=4/ 40

o /
0
-r4 100 214 5e

00

;4

50

1 2 3 4 5 6 7 8 9 1011 1213 1415 16

Initial Mach Number, M1

Fig. 18 Pressure Ratio across Oblique Shocks

Another factor to consider is the real-gas influence on local Mach
and Reynolds numbers. That subject will not be dealt with, but it is
worthwhile to remember that boundary-layer separation and transition
may be affected by changes in local Mach and Reynolds numbers
occasioned by real-gas behavior.

23



AIoC-TR-72-181
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Fig. 19 Lift of Flat Plate~
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Ziunkiewicz (Ref. 14, 1957), Feldman (Ref. 15, 1957), and Romig
(Ref. 16, 1959) have dealt with the real-air flow over sharp cones at
zero angle of attack. Pressure increases across normal shocks are
greater in real air than in a perfect gas with y = 1.4. However, sharp-
cone surface pressure coefficients and shock angles are less in real
air. Recall that the density ratio, Ps/Pm, is limited to a maximum
value of 6.0 when - = 1. 4 and note in Fig. 20 that shock angles con-
tinue to decrease as real air density ratios exceed 6.0. For cone semi-
vertex angles less than 20 deg, there is only a small influence on sur-
face pressure. However, even for the smaller cone apex angles there
is a significant effect on surface temperature and density at high speeds.
It follows that the inviscid drag coefficient. of sharp, slender cones is
only slightly affected by real-air behavior, even at hypersonic Mach
numbers. Romig shows that, in air

C P/sin 8 = 2.07 (21)

for a broad range of the parameter M, sin h when the calculation is
based on a free-stream pressure of 0.01 atm and free-stream tempera-
tures o; 220 to 2800K. Very little effect would be expected from changed
free-stream conditions corresponding to different altitudes in the earth's
atmosphere. Yt is seen that this result is very close to the Newtonian
flo,, theo.'-. Bird's result for wedges (Fig. 18) is approximately

2.3 (22)

when calculated for real-air free-stream conditions of 0. 01 atm and
300%K. Although the effect has not been evaluated, it is important to
note that the calculations of Romig and Bird were based on different
real-air gas properties. A part of the difference in the coefficients
presented here may arise from this use of differzent air properties.

2.2.3 Aerodynamic Cenfigurations

It may be expected that the aerodynamic vehicle under discussion
would generally resemble the delta-winged -pace shuttle designs much
in evidence in the literature at present or the similar hypersonic crise
vehicles described in recent papers. However, attention should also
be directed to the Nonweiler wing which has attracoed scant interest
in the U. S. Nonweiler (Ref. 17, 1963) suggested that easily calculiated
two-dimensional flow fields may be used to develop families of three,-
dimensional lifting bodies supporting plane shock waves. T7hese are
often referred to as waveriders, and one class of these bodies has been
called caret wings. The concept of the No:weiler wing may be illustrated
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Fig. 20 Correlation of !3hock Angles and Density Ratio for Cones in Real Air
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by corsidering The flow past a two-dimensional wedge, the top of which
;s aligned with tbe free stream. Mach number is such that the shock
wave is attached to the leading edge, as shown in Fig. 21. The flow will
not be disturbed if the two-dimensional wedge is converted to a three-
dimensional body by forming a solid surface from some of the parallel
stream lines in the two-dimensional wedge flow field, as illustrated i,
Fig. 21. This method can be extended to more complicated bodies,
some.of which are referred to as W-wings. (See Pike, Ref. 18, 1970),
Roe (Ref. 5, 1970), and Roe, et al. (Ref. 19, 1971), for discussion of
such shapes.

Section of Two-Dimensional
Wedge and Its Flow Field-

Caret
Wing

I' Sh~ock tu~rface "

Fig. 21 Caret Waverider Concept

It can be seen that the ability of the Nonweaer wing to contain the
windward-side flow without spillage ahead of the trailing edge implies a
higher lift coefficient for equal incidence (Ref. 20, 1970). Figure 22
presents the windward-side pressure coefficient for two-dimensional
wedge flows containing plane shock waves. High Mach number and
constant specific heat ratio of 1.4 are assumed. The upper curve in
Fig. 22 represents the theoretical performance of caret wings in
inviscid flow. Also shown in Fig. 22 is the pressure ccefficient that
would be calculated by Newtonian theory Zor the same case, The
Newtonian pressure coefficient should be a good appro.'dmation for the

27
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centerline of a conventional delta wing at incidence, although some loss
in pressure coefficient would be expected off of the centerline. Maikapar
(Ref. 21, 1967), using Newtonian theory, has treated optimum wing
shape selection as an extremum problem and obtined maximum L/D
ratios very near to those computed for Nonweiler wings. Townend
(Ref. 22, 1970) presents data showing that such aerodynamic advantages
are realized in practice. He concludes that the Nonweiler wing may
providb lift coefficients greater than those of the convex or flat-bottomed
delta shapes which have received most of the attention in the U. S. Roe
(Ref. 5, 1970) has reviewed a number of aerodynamic design techniques
applicable to optimum shapes Li hypersonic flows.

.- 1.40 Plane Oblique 1
10_ < 20 Shock

1.0 " S
I ~Cp

cP o---Ide

Newtonian

0• •:, Flow £

0 10 20 30 40 50

Flow Deflection, deg

Fig. 22 Plane Oblique Shock and Newtonian FI.,w Pressures
on Windward Surface of Wedges

Other discussion of aerodynamic configurations for hypersonic
flight is to be found in the article by Kuchemann (Ref. 6, 1965). From
Ref. 6, the uniform pressure coefficient over the lower surface of a
simple Nonweiler caret wing is

Cp = (4/y +l)(sin 2 a7 _l/hoo2) (23)

where a is the shock deflection angle shown in Fig. 23. The angle of
incidence, 0, which may also be interpreted as the effective wedge
angle, 6, of the windward surface, is related to a as follows for an
ideal gas:

0 tan- 2 + (Y -_ l)M. o2 si n2 a
2 2S+ 1(y+l)M2 sin a cos a (24)
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Fig. 23 Nomenclature for Caret Wing

It may be noted that a simpler expression for Cp on a wedge is available
from hypersonic smaU-dist-urbance theory, viz.,

Cp 0= o2 +(1.4.t , 4/%1.202)112

iL 2 -, (25) 2

To describe a simple caret wing, it is only necessary to define

s/f = semispan-to-length ratio

r = volume/S 3 / 2

S = projected planform area

= sE

8 = wedge angle

Thus, the lift coefficient of a caret wing is

C
C = p cos 0 1/2

+ 9,.2 ./f (2)
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and the wave-drag coefficient, including effects of both volume and lift,
is

CD = Cp sin0 = 3C)r(sPj) (27)
" P0( + 99r2 s/f)1/2

Toge'.;er they yield an L/D ratio in inViscid flow,

L/D = cot0 0 (28)
3r(s/F) 12

Finally, the L/D ratio with skin-friction drag included is

L ID = F 2 _ / -D = 
l)3r(s/E)

1l 2  + C (S .i() 0-9r2 s/F)/ J (29)

L F 3 C rIs/f)1/j

where Sw = wetted area. Note that C. = 0 is assumed for lee surfaces.
From Eq. (14), for a nominal local Reynolds number Rel = 0 (106),
CF = 0 (0. 001) would be a reasonable choice.

The penalties of viscous interaction in regard to hypersonic L/D
ratios of a delta wing already have been illustrated, using data from
Boylan and Potter (Ref. 23, 1967). A recent comprehensive review of
viscous interactions has been given by Korkegi (Ref. 24, 1971). The
effects of the decreased high-altitude aerodynamic performance have
been analyzed by Hidalgo and Vaglio-Laurin (Ref. 25, 1967). Unfortun-
ately, it is to be expected that the greater wetted area and the viscous
corner flows typical of caret and W-wings will suffer higher viscous
drag, and therefore their attractive inviscid L/D ratios will decrease
rapidly under lower Reynolds number or higher altitude conditions. In
this context, the theoretical inviscid flow advantages of W-wings over
caret wings and of both over flat-bottomed delta wings may disappear at
high Mach numbers and high altitudes, as pointed out by Pike (Ref. 18,
1970) and others. Experimental illustration of this has been furnished
by Koppenwallner (Ref. 26, 1971). Figure 24 is taken directly from his
paper. The deleterious effects of high Mach number, low Reynolds num-
ber conditions on the aerodynamic performance of the more sophisticated
bodies, coupled with considerations of aerodynamic heating and structural
design, point to the need for including experiments for the entire range
of Mach and Reynolds numbers in a thorough evaluation of candidate con-
figurations for an upper stage rocket plane. Configurations which appear
best at lower Mach numbers may be much less attractive under condi-
tions of hypersonic high-altitude flight. The more slender or complex

* shapes also are likely to have less favorable payload volumes.

* •30
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Fig. 24 Koppenwallner's ('ef. 26) Example of Viscous-Flow Effect on a Caret Wing

Analyses of waveriders formed with the use of circular cones and
conical shocks have appeared in the English and Russian literature, Cf.

* Jones (Ref. 27, 1963), Pike (Ref. 28, 1970), and Keldysh (Ref. 29, 1968).
They have considered the body formed when a circular cone at zero

j :angle of attack is segmented and equipped with triangular wings with
their leading edges lying along the conical shock formed by the basic
body, as illustrated in Fig. 25. At high Mach numbers, the variation

of pressure between the conical shock and the cone surface may be neg-
lected for approximate analysis. Then if the pressure (--efficient on the
bottom of the wing is assumed to be the same as on the conical sector,
the analysis is particularly simple. An estimate of the error in this
assumption may be made by alternately considering the pressure every-
where on the bottom of the wing equal to the pressure immediately be-
hind the conical shock. The maximum L/D ratio of a conical sector
with a wing is reached when the sector half-angle • < ?r/2.

Fig. 25 Proposed Body Shape
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Maikapax (Ref. 30, 1966), has discussed bodies formed with the use
of intersect.ng plane and conical shock waves. Keldysh and Maikapar
(Ref. 31, 1969) have presented a broad discussion of aerodynamic
shapes derived from the combination of plane and conical flow elements.
They compare the aerodynamics of different configurations with given
volume and planform area at a given Mach number and altitude (M. = 10).
Bodies of star-shaped cross section are formed of plane shock flow
fields separated with longitudinal ribs. Gonor in a series of papers
(Refs. 32 through 37, 1963-1968) has developed the subject of star-
shaped bodies. Gonor et al. (Ref. 37) have confirmed the theoretical
advantages of the star-shaped body in experiments at Mach numbers of
6 and 8 in a wind tunnel. Gonor (Ref. 35) described a hypersonic delta
biplane for which he calculated L/D of 3. 18 at infinite Mach number.
This substantially exceeds the maximum L/D of an elliptic cone of
equivalent volume and span.

Up to this point, the discussion of configurations has included only
bodies with a swept-back planform such as the delta wing or arrow
wing. Actually, unswept leading edges have been considered, for
example, by Keldysh and Maikapar (Ref. .1, 1969) and Hankey (Ref. 38,
1970). Hankey develops two optimized wings with approximately equal
L/D ratios. One is a wedge with nearly rectangular planform, and the
other is a very slender segmented cone with a triangular plan'orm. The
reliability of his calculations is supported by experimental data shown
to be in close agreement with his theoretical predictions for one case of

an optimized lifting body having an unswept leading edge and a low-
aspect-ratio planform. The maximum L/D predicted and measured at
MOD z 14 and Re= 106 was approximately 3 at an angle of attack of 2 deg.
Considering that a body of the size of 0 (100 ft) in length would have
Re® = 0 (106) at roughly 220, 000-ft altitude, this L/D ratio is impressive.

Several other considerations in the selection of an aerodynamic con-
figuration are brought out when problems associated with aerodynamic
contrv, s, payload, heat protection, integration with propulsion systems,
and Ik ; -speed iling are considered. These questions will not be dis-
cussed bere, aiti1,ugh it is very important to remember that any opera-
tional craft must be compromised by practical requirements. Some of the
numerous recent references that may be consulted in this regard are
Keldysh and Maikapar (Ref. 39, 1970); Maikapar (Ref. 40, 1968), Eggers
et al. (Ref. 41, 1970), Henry and McLellan (Ref. 42, 1971), Townend
(Ref. 43, 1966), Small et al. (Ref. 44, 1970), Neumann (Ref. 45, 1970),
and Ceresuela (Ref. 46, 1970). A large section of the AIAA publication
Astronautics and Aeronautics (Vol. 9, No. 2, Feb. 1971) is devoted to a
series of papers on space shuttle technology, and the August 1971 issue
of this same journal has several papers on hypersonic aircraft.
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2.2.4 Flow Separatioa

The subject of flow separation and development of vortices on the
leeward side of delta wings has been covered in a number of recent
papers. The proceedings of the AGARD conference on Hypersonic
Boundary Layers and Flow Fields (AGARD CP No. 301 almost serves
as an appendix for the present paper. Of the other mcst recent publi-
cations, there are Whitehead (Ref. 47, 1970), Rao (Ref. 48, 1971), and
Whitehead and Bertram (Ref. 49, 1971).

In addition to the type of flow separation discussed in 'hose papers,
there is the possibility of flow on either leeward or windward surfaces
being separated because of interaction with the exhaust plume of the
propulsion unit or,' e. g., control surfaces. Papers re-ated to this
problem have been written, for example, by Cubbage et al. (Ref. 50,
1971), McGhee (Ref. 51, 1970), Fong (Ref. 52, 1971), and Boger
et al. (Ref. 53, 1971). The influence of wall blowing or mass transfer
has been discussed by Hartunian and Spencer (Ref. 54, 1967), Kubota
and Fernandez (Ref. 55, 1968), Pappas and Lee (Ref. 56, 1970),
Marvin and Akin (Ref. 57, 1970), and a number of others..

Pappas and Lee show that for a given value of the blowing param-
eter, rii/(p.U.), the surface pressure downstream of the nose on a
blunt cone is increased much more when the injected gas has a low
molecular weight. Marvin and Akin show that mass transfer decreases
boundary-layer transition Reynolds number according to the empirical
correlating expression

He>,=(e,)= -0.201)- 25 F]
Re8 ,1 = (Re, F=O[1 - 0.25(N0ai//Minjectant,

where F is the parameter expressing the ratio of blown mass flux to the
free-stream mass flux. Presumably then, injection of gases of lower
molecular weight would have a stronger tendency to separate a laminar
boundary layer because of the increased pressure rise, but if the bound-
ary layer underwent transition to turbulent flow more readily for the
low molecular weight transpired gas, boundary-layer separation might
actually be delayed. The - tLe of surface mass transfer in regard to
convective heating, boundary-layer transition, boundary-layer separa-
tion, and external combustion may be very complicated indeed.

Whitehead and Bertram (Ref. 49, 1971) have shown that the forma-
tion of longitudinal vortices on the leeward side of delta wings at angles
of attack is inhibited if the wing planform is parabolic or hyperbolic in-
stead of the more common round-nosed triangle. Apparently, the avoid-
ance of discontinuity in planform leading-edge curvature through the use
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of the pu. e analytic shapes accounts for the effect they have found.
Rao (Ref. 48, 1971) found a similar inhibition of the formation of
vortices when he deflected the tip downward on a conventional triangular
delta wing at an angle of attack, i. e., made the lower surface concave.

2Z3 PROPULSION SYSTEM

2.3.1 Configuration

For hypersonic vehicles, a dominant design consideration in addi-
tion to external aerodynamics discussed in the last section results from
the emergence of hydrogen as an attractive fuel above Mach 7 (Hankey,
Ref. 38, 1970). Specifically, liquid hydrogen has a low density result-
ing in a requirement for large storage volume. This translates into
the design requirement of minimum surface area per unit internal vdl-
'Lme and has resulted in the conception of the all-body vehicle for a
single-stage hypersonic transport or for the first stage of a two-stage
configuration. An example of such a body shape is a delta planform
with elliptical cross sections.

A typical upper stage then may be a propulsive lifting body having
an approximately triangular planform with leading edges inclined down-
ward (waverider) or simply a concave lower surface. A potential fea-
ture of such an aircraft is the production of thrust by direct heat addi-
tion to part of the airstream. This has been discussed by Kuchemann.
(Ref. 6, 1965), Townend et al. (Ref. 58, 1970), Billig (Ref. 59, 1967),
Kallergis (Ref. 60, 1969), Qick (Ref. 61, 1969), and Maurer et al.

(Ref. 62, 1970).

In view of current and projected engine technology, it appears that
no single type of air-breathing engine can fulfill the requirements of a
hypersonic aircraft. Turbine engines are presently limited to about
Mach 3. 5, whereas a subsonic combustion ramjet may operate in the
Mach number range from 1 to 6. Above Mach 6, supersonic combustion
ramjets are more efficient and produce more thrust. Furthermore, if
orbital capabilities are envisioned, auxiliary rocket engines are re-
quired. It must be concluded then that a composite propulsion system
will characterize the earlier autonomous aircraft which cruise at hyper-
sonic speeds. Weights may range from 500, 000 to 3, 000, 000 lb at take
off for complete systems. Second stages may weigh between 200, 000 I
and 800, 000 lb. Payloads may be between 20, 000 and 60, 000 lb.

I
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The thrust of an air-breathing engine is limited by the amount of
heat that can be added to a quantity of air. The low-temperature limit
of the cycle is the combustor inlet temperature, whereas the high-
temperature limit is the combustion temperature. As flight speeds
approach Mach 7 to 8, deceleration of the flow to subsonic values re-
sults in temperature rises on the order of 3500°R. At such tempera-
tures, the burning of fuel is accompanied by a high degree of dissoci-
ation and consequently results in little contribution to useful work or j
thrust. However, if inlet diffusion is limited so that the flow is still
movring at supersonic speed as fuel is injected, combustion takes place
at a lower temperature, and the energy addition produces thrust rather
than being dissipated in dissociating molecules. Thus, the supersonic
combustion ramjet or external-burning engine is capable of competing
in the Mach 7 to 15 regime now occupied exclusively by the rocket.

In a scramjet, combustion can occur in a fixed geometry burner-
nozzle combination through a large range of combustor inlet Mach num-
bers. Because the Mach number entering the burner is permitted to
vary with flight Mach number, the inlet and therefore the complete
engine e Jes not require veriable geometry. Such an engine can operate
over a large range of flight Mach numbers, and consequently is very at-
tractive a.3 an accelerating engine. In contrast, the subsonic combustion
ramjet re. :uires ccomplex variable inlets and nozzles to operate efficiently
o,,er a wide Mach number range, and the structural weight and com-
plex-ty of :;uch components increase sharply with Mach number. Dual-

* mode or "convertible" ramjets, which can operate with either subsonic
or supersonic burning, hopefully combine the best features of both.

At least six research scramjets have been built and ground tested
in the Unit( d States. Performance experiments on the complete engine
have demonstrated repeatedly stable and controllable combustion mode
conversion, efficient operation, successful ignition techniques, and
substantiated aerothermodynamic design procedures. The corl.:.usion is
that there is no major obstacle to the development of the scramjet pro-
pulsion system. There is, however, a complex of problems involved in
developing a scramjet that is optimally inregrated with the configuration
and structure of a hypersonic aircraft.

2.3.2 Fuels

The operating characteristics of all hypersonic aircraft propulsion
systems are strong.y dependent upon the fuel used. Hydrocarbon fuels
such as kerosene are limited to flight Mach numbers below 6 because of
insufficient heat-sink capacity for regenerative engine cooling. Cryo-
geic fuels such as liquid methane offer both high combustion energy and
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large heat-sink capacity. However, above Mach 8 only the ultimate
cryogenic fuel, hydrogen, satisfies internal-combustion-engine cooling
requirements.

When burned in air, a pound of hydrogen will release 51, 000 Btu/lb
of fuel burned compared to 18, 500 Btu/lb for kerosene. Typically, hy-
drogen can be heated from the cryogenic storage temperature to as high
as 100 0 OF (800 0K) prior to injection and in the process will absorb
approximately 5500 Btu/lb, which is a lae'ge heat-sink capacity com-
pared vith other fuels. This property permits engine components to
function at or below allowable temperatures even though the combustion
temperature is much greater than the limit for kerosene engines.

The advantages of liquid hydrogen are at least partially offset by the
requirement for cryogenic storage and design penalties associated with
the low density of the fuel. The effect of the requisite insulated fuel
tanks and larger storage volume is greater structural weight and higher
drag. The density of hyc.-ogen is roughly one-tenth the density of kero-
sene, and therefore, the volume assigned to each pound of fuel must be
ten times as large for hydrogen as for kerosene. A design requirement
of hypersonic aircraft which is a direct result of this need for large
tankage volume at conditions where surface temperatures may exceed
"2500OR (1400 0K) is "minimal surface area per unit volume."

Having concluded that liquid hydrogen is a suitable fuel for hyper-
sonic aircraft, the designer is faced with the responsibility of maximiz-
ing the advantages relating to high combustion energy and large heat
sink., while minimizing the disadvantages relating to cryogenic storage
and low density. The net result is that hydrogen of •rs substantially
better overall aircraft performance than any other iuel at all Mach
numbers and, in fact, above Mach 8, it is the only fuel that can meet
the requirement for internal-combustion-engine regenerative cooling.

SECTION III
EXTERNAL BURNING

A novel propulsion concept potentially suitable for high-velocity
flight is external burning. The general concept may be illustrated by
considering a d.-uble-wedge aircraft configuration as sketched on the
following page.
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00 2N.

The free stream is compressed by the bow shock, with a resultant
pressure rise in region (D. This increased pressure produces lift and
contributes to the drag of the vehicle. In the absence of external heat
addition, the flow expands at the knee, so that the pressure in the base
region, (1), is less than the free-stream pressure. This low base pres-
sure has a detrimental effect on the lift and also contributes to the ve-
hicle drag. The pressi're drag per unit frontal area is

ip-p 0 (30)

The object of external heat addition is to effectively compensate for the
expansion process between regions CD and (D so that p(D> P(D. It is
obvious from Eq. (30) that if p(D can be maintained at a higher level
than p() a net thrust can be obtained.

Propulsion by -xternal heat addition has been studied both experi-
mentally and theort ccally by numerous investigations (e. g., Refs. 62,
1970 and 63, 1972). . n excellent reveiw of this subject has been com-

piled by Billig (Ref. 59, 1967). Chushkin (Ref. 64, 1970), in a series
of papers since 1968 has given numerical analyses of supersonic non-
equilibrium combustion. The numerous analyses postulate either a
stationary, detonation wave, with planar heat addition, or shock-free
constant pressure heat addition. In the following analysis, a constant
pressure heat addition scheme will be used in order to make quantitative
estimates of the various features. The constant pressure process has
been chosen primarily for simplicity. The choice of a shock-force fuel
injection process with distributed heat addition rather than a detonative
flow model is also supported by the conclusions of Townend et at. (Ref. 58,
1970).
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The model used for analysis purposes is shown in the following
sketch. Perfect gas relations are assumed to apply and combustion
is considered to occur in an ideal manner.

1100 3 0 0 1

- I
!2

ja

-*W

It is assumed that line o-a-b represents the centerline of a nozzle.
Region® has parallel. uniform supersonic flow which undergoes a change

in area from 2A 1 at (a) to 2A2 at (b). Heat is added in region @ with
such a distribution that pO = so that uniform pressure is maintained.
With this constant pressure assumption, the line a-b represents a 'slip

plane" and only the region between a-b and the vehicle base requires
i h heat addition.

The necessary relations for numerical analysis can be found from
"Influence Coefficients" (Shapiro, Ref. 65, 1953). These are:

1I+ MY M (1+M M21 1+-1 dT M
2 -2  dA 2-M 0

M2 1 -_M2 A 1 -M2 T- (31)

dT - 1y.) M2  (I YM2)(+Y I M2) dT0

1-iM2  A 1 - M2  T (32)

and

dp .. _yM2 dA ,(i+.2 +Y 2) dT0

P 1-0 A 1- M2  To (33)

For a constant pressure process, these equations become
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dA =' (i *2 o_++J

(34)

dT (yI2uT

T\2/T (35)

and

dM2 
= ,r

2 ° (36)

Therefore,

T 2  A 2

';F T (37)

M2 A

2  _ 1

h 2 A22 (38)

and '

2 2
T i~ N 2 ) 2

0 + Mi
2.2 2 2

ii -
I \2 1/~~~ (39)I'+~ 2M.

From geometrical considerations, the final area ratio is a function

of the initial area, Al, viz.,

A. 1 sin (30")
A A I sin (30°- 4) (40)

Since it is desirable tIat the heat-addition process involve the
smallest possible amount of air so that the fuel consumption is kept to
a minimum, A1 should be a minimum. Thus, A2 /Al from Eq. (40)
should be a maximtitm, as should T 2 /T1 from Eq. (37). The heat-
addition process in region 0 reduces the Mach number. One limit on
the amount of heat which can be realistically added to the flow is im-
posed by the requirement that the flow must always be supersonic.
Therefore, M2 2_ 1. A second limitation on the amount of heat which
can be added to the flow is imposed by the finite heating value of the
fuel.
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Thus,
ATO ax = To2 - To0  (41)

2 1 2

and

max max2

From Eqs. (37) and (38),

M2 MI 2T1  
(44)

Therefore,

T 2  =ATa - 2 MI2T
max tax 2 2

ST2 =ATo + T1 (45)
max max

For a stcichiometric hydrogen-air mixture,

ATO 60500(3365 0K) (46)

The value of T 2 is selected from Eq. (44) with M 2 set equal to unity,
with the additional constraint that T2 _• T2m. That is,

max

T= MI2 T1  (47)

unless

MI2TI > T2
wax

in which case

T2 axT (48)

Once T 2 is established, M2 can be found from Eq. (44), A1 from
Eqs. (37) and (40), and finally A2 is given by Eq. (37) or (3'3) and A1 .
The mass of air to which heat is added is given by

m•air = P1A1 V1  (49)
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and the total enthalpy change is given by

A= = C ('T' - To) rkP" 02 1 1 50)

The fuel flow rate is then given by the ratio of the total enthalpy change
to the heating value of the fuel. Representative fuel flow rates, pounds
of H2 per second per unit frontal area, are shown in Fig. 26.

0.05 100 kf t

0.0

S0.0 31 5 0 k f t

•0
i 0.02

1 o

0.01 200 kft

k250 kft,

~~ 1 f I I I I I I I I -

S0 2 4 6 8 10 12 14 16 18 20 22 24 26 28 30

: iMach Number

; Fig. 26 Specifit Fuel Consumption Required to Increase Base Pressure
t to Forebody Pressure Level

at

This calculation model is based on perfect-gas flow fields where .
S~the shock wave inclin--±ion is such that point (a) lies inside the bow shock.
, Also, this: model assumes that an optimum amount of fuel is provided.

No information is provided on the thrust available from less than the
:• optimum amount of fuel addition, a case which might arise if the primary
:! use of the fuel is for cooling. Nevertheless, the model, does give esti-
:-mates for the thrust levels, specific impulses, and required fuel flo i

rates for sustained cruise.
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Calculations have been performed for points along the altitude-velocity
trajectories shown in Fig. 1, using this analysis model. The inclination
of the lower surface is taken equal to be the initial wedge angle.

The first step is to determine the angle of inclination of the lower
surface, 6. From Eq. (16) a value of 6 may be chosen, i. e., 6 for
(L/D)max; ~1/(Re 6 ,_) 1 / 6 . The initial wedge angle 6 has then been
taken as

8a 1/(Re8 )1/6 (51)

Note that a practical aircraft may require additional volume for pay-
load and fuel, so that (L/D)max may not necessarily be given by
Eq. (16). That equation is used here only to obtain some idea of
values of 6 that may be of interest. Wedge angles for (L/D)max are
shown in Fig. 27, assuming a vehicle length of 75 ft. The atmospheric
propert.es are taken from the 1962 Standard Atmosphere, as a function
of altitude. These properties, along with the velocity, give a complete
description of the free-stream flow.

The bow shock wave inclination, a, is given implicitly by

sin1 2 = 0 (52)
-M 2 2 tan 8  + cot a

Once the free-stream properties and the shock wave inclination are
found, the properties behind the bow shock in region ( are

2,yM 2 sin2 -y + 1 (53)

y+ 1

2 Y (y-. )(p 1/p ,) + (y+ 1) (54)

and 
MI 2y(Pl/p.) sin2 (a_- a)(4

and

[(Y- 1)(Pf/P•,) + Y + (]
T1/T. (Pl/PJ)[0 + 1)(P 1/P.) + y - (
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And finally the Prandtl-Meyer flow angle is

,= . ,ai-' (-- 2 I) - .- "- (56)

10.0

8.0

250 kft

h 6.0 1
C,~40200 kft

'4.0 - 150 kft

100 kft

2.o

S iI I I I I .I ! I . I I I I I I

0 2 4 G 8 10 12 14 16 1S 20 22 24 26 28 30
Mach Number

Fig. 27 Angle of Incidence for (L/D)m,,

A calculation of the thrust level provided by external burning re-

quires that the base pressure with burning be compared with tba base
pressure with no burning. In order to establish the base pressure with-
out burning, the flow is allowed to turn through a Prandtl-Meyer expan-
sion at the knee. The final Mach number is found from

+ 30° Y+ tan-' y- OW-) - ta.n- I2 -5)-- EY--•T:1 Y +\{ I ) - , -' (57)

The base pressure in the absenctý :;f 1-t addition and viscous-flow effects
is then obtained from the expre.isions

I+ Y + %12T21 1+T I ( -
+2T I ]+ ''2) (58)
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and

P2/P= (59)

The thrust per unit frontal area attributable to external burning is then
given by

Ft = (P2- PI) with burning - (P2- PI) without burning

= 0 + (PI-P2) without burning (60)

Figure 28 shows the thrust required per unit fronta-l area from external
heat addition as a function of free-stream Mach numler for various
altitudes. It should be noted that the calculation model used has required
that the heat addition be of the correct magnitude to in~crease the base
pressure to that of the pressure in region (, thereby eliminat'ing the
vehicle pressure drag. Therefore, the thi usts available are the thrusts
required to overcome pressure drag. The levels obtained are surprizq-
ingly small at the higher altitudes. In fact, if one of the trajectories
shown in Fig. 1 is traversed, as altitude and velocity increase, the
thrust required for sustained cruise actually decreases.

50
10-1 kft

40
tg 

Sc o 0

. 30

20
'4

F.4

10
0• 20

200 kft

250 kft 300 kft01 = r ! i I1 '6 '4 Q = 1 30 -I - t

0 2 4 6 8 10 12 14 16 18 20 22 2'1 26 28 30

Macb Nuubw.r

Fig. 28 Thrust Req..r.id for Cruise
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The ratio of the thrust produced to fuel flow rate gives the specific
impulse. Values of this quantity are shown in Fig. 29. Hydrogen
fueled rockets have specific impulses on the order of 450 sec. Thus it
appears that external burning is superior to rocket power in terms of
fuel consumption up to about Mach 20. For a Mach 10 cruise at
200, 000 ft, for example, the vehicle range can be increased by a factor
of 2 by the use of external burning rather than conventional rocket
power.

8000

Spu Thrust (Fig. 28)Specific Impulse. ..

Fuel Flow Rate (Fig. 26)
a~6000a\

100 kft
S4000

06

00 2000 - 150 kft

00 I I i ~ -- ~ --- .... 250  kft
: I I l I I I I I I I ,I •

S2 4 6 8 10 12 14 16 18 20 22 24 26 28 30

Mach Number

Fig. 29 Specific Inpulse

It is obvious that for sustained cruise at high velocities some pro-
vision must be made for cooling at least some portions of the vehicle.
The use of hydrogen is very attractive for vehicle cooling. An inter-
esting question is whether the fuel required for cooling would also be
sufficient for propulsion.

In order to address this question, a new calculation model must be
proposed, since in the previous model the thrust was specified and the
fuel flow rate was obtained from the calculations. In the present case,
the fuel flow rate is dictated by the cooling requirement and the thrust
level is unknown. The model used is shown in the sketch on the following
page. The flow is allowed to turn through an arbitrary angle 0 at the knee,
so that the area change from(D to (2) and the increase in total temperature
are compatible with the amount of heat addition.
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From the geometry i.n the sketch, the relationship between A 01
iI A•g, and Aa is as follows:

6(61)
:A )= Aq cos 1

iI
!I

(300- J)(62)

A@) A@)TA +4"(2

=-sin (300- )

and

1A/A + CosS sin (300°- ) (63)
(2) A(j) sin (30 0 - 8)

From Eqs. (38) and (39) for a constant-pressure heat-addition process
between 0 and ®),

To2
03 _2 ~'(64)

And .. ing Eq. tfr3), Eq. (64) becomes

T°3 cos 6 sin (300-_JS)_ (65)
To2 A sin (30 0 - 8) (1 + M2

Multiplying by T 0 2 A 1 gives

A(To -To ) = To cossin (300 -- ) ] (66)
'3 2 1 si (30O - ) (1+ L2 M'2)

46



AEOC-TR-72-181

The amount of heat added to the flow is given by

CIP1V'1A1(T°3-' 3 °) = 2 fi ll 2 (67)

where hH2 is the heating value of hydrogen and WH 2 is the flow rate.

Therefore,

h2 2 Cos , n 0 0 - (68)
C_ ,,' , =I To s.in(3 0o0 ) -_ ,,2)

Since both 0 and M2 appear in Eq. (68) and both are unknown, an addi-
tional relationship between 0 and M2 must be used along with Eq. (68)
to find M2 and 0. This additional relation is obtained from the Prandtl-
Meyer turning angle, viz.,

+ ta,_ - (,22 I - (69)

Combining Eqs. (68) and (69), an implicit expression for may be
found, i.e.,

+ 1 -=- +1 2 ., 2 ( in3 -,in (30°-,0) CO.,

V- I tan h "+ 2 a - (300- )

tan (I I M,--
IT 1, V. (UW)

Once A is found from Eq. (70), M 2 can be found from Eq. (69) or
(68). The product Aa (T 0 3 - T 0 2 ) has been fixed by Eq. (66) or (67).

In order to fix A(, or (T0 3 - T 0 2 ), some assumption has to be made

about the equivalence ratio. If a stoichiometric mixture is assumed,
A(D is a minimum and (T 0 3 - T 0 2 ) a maximum. If a leaner mixture is

used, Al) increases and (T 0 3 - T0 2 ) decreases appropriately. It

appears advantageous to provide the most heating possible to the least
amount of air, i. e., stoichiometric mixture. This assumption then
fixes A() and, through Eqs. (61) and (62), A(2) and A&.

The method of calculation of the hydrogai flow rate, WH,, required

for vehicle coolhng is given in the uext section. These fuel flow rates
have been used in the equations developed in this section to determine
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the thrust levels which could be obtained, with the fuel flow rate limited
to that required for cooling alone.

The results show that, at most, only about one percent of the
thrust required to overcome pressure dc.'ag can be obtained by burning
hydrogen at the rate dictated by cooling requirements. For sustained
cruise at a particular cruise condition, additional fuel must be pro-
vided. This also indicates that a fuel other than hydrogen might possibly
be used, which is a less efficient coolant with no -- lty.

SECTION IV
REGENERATIVE COOLING

4.1 DEFINITION OF COOLING REQUIREMENT

The principal cooling requirements are that the vehicle interior
thermal environment be suitable for crew (if any) and electronics equip-
ment, and that the outer vehicle skin be locally protected when necessary
from destructively high temperatures caused by large heating loads. If
the vehicle i iesigned for sustained cruise in a thermally severe en-
vironment, tb heat capacity of the basic structure cannot provide sus-
tained heat protection.

The sketch below shows the relationships between the quantities of
interest.

!A

211
Outer Skin Isl tio ,>l Interior Wall

0
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In order to maintain the interior temperature, Tp, at a constant
value, qconductive i' regenerative, and from a heat balance,
qconve--tive - radiative = -conductive. An upper limit on qradiative
is imposed by the requirement that the wall temperature, Tw, be less
than some maximum value. This, in tu.'n, establishes a minimum
value 1 ,r qconductive, which may be greater than or equal to zero.
Thus, .'or portions of the vehicle where 4 convective < qradiative at
Twmax, no regenerative cooling is :equired. The extent of the external

surface which must be provided with cooling and the amount of cooling
required are then governed by Twmax and the local qconvective-

4.2 HEAT-TRANSFER ANALYSIS

For the purposes of analysis, it is assumed that the heating load
can be approximated by that experienced on the windward side of a flat
plate at the angle of attack which gives (L/D)max. The leading edge is
assumed to be sharp.

The convective heating rate for this case (Griffith et al., Ref. 66,
1970) is

c*

0 .352 p..U(h 0 -h FI *(1

where
C= (72)

; L . 1/ T .•

PoU.x (73)
ReX,• -

and

h CT* OI 0.5(hI+hw) + 0.11 VPr UI (74)

The radiative cooling rate is given by

jR = ora(Tf 4 - TE 4) = T4 (75)
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From Eq. (71), 4.w is proportional to 1/ and from Eq. (75), 4R is

proportional to The following sketch shows the amount and extent
of cooling required for an example case:

\I

q (O.

I 4'R (TV) qExtent cf [ T, T \
I <:•~~Cooled -,W> •'.•.. max)

Surface
|X

0

Distance from Leading Edge

From the sketch, the extent of the surface v.hich requires cooling, x1 ,

can be found by setting 4w(Twmax, x 1) = 4R(Twma). Then

o.352p ,U.( -h '- 4 T(76)

Thus,

Plu C~. 10.352 (h. - h W~X)127)

x) - -RTc 0 c(T 
4  -- TEa 77)

The heat flux which must be absorbed by the fuel per unit vehicle width
is then

qH Ja w(~1~ T,,=,) - q8 (T,, =)Idx
2 I Max (78)

Define

0(79)
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Integrati,. of Eq. (78) then gives

q = (2q,,. - R,)• (80)
q 2 1 -ilmax )I(0

The heat storage capacity of H2 has been taken to be

qST = 5200 Btu/Ib

Finally, the mass flow rate of coolant per unit vehicle width required
is given by

(2 j, -R Ml)'I
WH 1 maxt

H2 (ST (81)

The extent of the surface which requires regenerative cooling
(Eq. 77) is shown in Fig. 30 for varicus altitudes as a function of free-
stream Mach number. In these calculations, only the optimum wedge
angle (Fig. 27) has been considered.

I• Altitude -150 kfit

i0.6

200 kft
94I

S0.4*0

0 10u kft
S0.2
ci 250 kft

L L

0 5 10 15 20 25 30

Free-Stream Mach Number

Fig. 30 Extent of Surface Requiring Regenerative Cooling
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The required mass flow rate of coolant per unit vehicle width
(Eq. 81) is shown in Fig. 31 for various altitudes as a function of Mach
number. This may be related to the fuel flow rate per unit frontal area
y multiplying by the ratio of the projected frontal area requiring cool-
ng to Lhe frontal area of the vehicle. It is obvious from the results
shown in Fig. 31 that the coolant flow rate is very small compared wich
that required for propulsion, shown in Fig. 26.

It should be emphasized that only the aerodynamic heating on the
windward surfaces has been considered. An additional heating load
which has not been considered and which may be appreciable is that
experienced by the surface exposed to the externally heated flow. No j
attempt has been made to estimate the magnitude of this heating load.

10.0
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.06.0
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* A 0
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Fig. 31 Specific Fuel Consumption Required for Cooling Windward
Aerodynamic Surfaces

SECTION V
CONCLUSIONS

One conclusion is that the fuel required for propulsion by an
external-burning configuration may exceed the fuel required for
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cooling windward aerodynamic surfaces in the simple example analyzed.
This has two important conseque-,ces. First, the cooling efficiency of
the fuel may be a secondary consideration in the choice of fuel, with the
heating value, specific weight and volumetric requirements becoming
the primary criteria. Secondly, since an excess cooling capability is
available, the possibility remains that vehicle configurations which re-
quire additional cooling might be used without undue penalty. Possible
configurations include those with multiple compression shocks for im-
proved compressici efficiency and waveriders.

In terms of propulsion efficiency, i. e., specific impulse, external
or internal burning scramjets offer an advantage over pure rocket pro-
pulsion up to about Mach 20. Although this appears to be a large advan-
tage, the small thrusts required for high velocities at high altitudes
tend to discount this advantage, especially when the technical difficul-
ties of developing an operational external combustor are weighed
against the simplicity of nperational throttlable rocket engines.

It is interesting to note that remarks presented by Sedov, Struminskiy,
and Cherniy (Ref. 67, 1970) at a session of the Academy of Sciences of
the USSR included the following, as translated:

W(, In contemporary and particularly in future vehicles
designed for high speeds, the lifting force and thrust

will ba developed in a single object. In other words,
the separation between lift, drag, and thrust will
cease to be appropriate.

(ii) In nypersonic flight vehicles the engine will be in-
corporated in the lifting surface and will basically be
derived from the theories of ignition, combustion,
and detonat'.on in spatial supersonic flows with shock
waves. In designs of hypersonic direct-flow air.-
reactive engines (GPVRD), the combustion of the mix-
ture of fuel and air takes place immediately behind
the shock wave and with the expansion of the combus-
ton products, thrust and lifting forces are developed
simultaneously. Future GPVRD designs with com-
bustion in the external flow and in the trail behind the
body are also possible. The development of the in-
dicated vehicles must depend upon research or the
structure of detonation waves and on the mechanism
of mixture formation and combr. I an; the principal
fact of the possibility of self-oscillations has been
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established, and this requires further study and con-
trol. While earlier engines and vehicles could be
considered separately by taking into account their
interaction in linear approximations, now they con-
stitute a single system which must be investigated as
a whole.

(iii) Thd above-mentioned and other scientific problems
are contained in the coordinated plan of the Scientific
Council on the Mechanics of Liquids and Gases; ...

.5

The foregoing, plus other evidence of research in this area of air-
craft design, suggests that external-burning, lifting-body vehicles may
appear in the future. Although the technical problems are not insignifi-
cant, there do not ,seem to be any which are beyond early solution if a
need for such a vehicle were established. Its airplane like qualities
would make it particularly suitable for applications requiring relatively
long duration, highly maneuverable flight characteristics.
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